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Thermal Redesign of the Galileo Spacecraft
for a VEEGA Trajectory

Ronald T. Reeve*
Jet Propulsion Laboratory, California Institute of Technology, Pasadena, California 91109

In the aftermath of the Challenger tragedy, the May 1986 Shuttle/Centaur Launch of the Galileo spacecraft
was postponed. The subsequent cancellation of the Centaur upper-stage program forced a redesign of the flight
trajectory to Jupiter, from a direct trajectory, to a Venus-Earth-Earth Gravity Assist (VEEGA) trajectory on the
lower energy two-stage Inertial Upper Stage (IUS). This trajectory would only be viable, however, if the space-
craft thermal design could be modified to withstand the nearly threefold increase in peak solar irradiance. A pre-
liminary study indicated that the addition of sunshades and the generous exterior application of second-surface
aluminized Kapton for reflecting high percentages of incident solar irradiation would be an adequate "harden-
ing" of the spacecraft's pre-existing thermal protection system, provided that sun pointing at the relatively
higher solar irradiance levels could be maintained. This article chronicles the general system-level thermal rede-
sign effort from the start of feasibility studies to its final implementation. It is the first of three articles about the
thermal design of the Galileo spacecraft.

Introduction
Project Objectives

T HE purpose of the Galileo project is to deliver a probe
into the atmosphere of the planet Jupiter and then con-

tinue scientific measurements and observations of the
planet and its moons from permanent Jupiter orbit. To ac-
complish this, the spacecraft (S/C) is sent on a trajectory
toward the center of the planet, permitting the probe to be
released ballistically toward its target (Fig. 1). An orbit deflec-
tion maneuver permits the S/C to avoid the planet and a sub-
sequent Jupiter orbit insertion (JOI) burn slows the S/C so
that orbit can be properly achieved.

The S/C originally designed to meet these mission objec-
tives is shown in Fig. 2. It is a spin-stabilized S/C, but
designed with a dual-spin capability specifically to permit ima-
ging experiments to be "despun" while the rest of the S/C, in-
cluding fields and particles experiments, is spinning. A sum-
mary of these Orbiter experiments is presented in Ref. 1. The
propulsion system, or retropropulsion module (RPM), con-
sists of a central body containing four propellant tanks (two
fuel—monomethylhydrazine and two oxidizer—nitrogen tet-
roxide), two pressurant (helium) tanks, two clusters of six
10-N thrusters for spin and attitude control, and a 400-N en-
gine. The 400-N engine that is used for JOI is concealed within
the lower end of the S/C by the atmospheric probe, which is
released on its solo flight to the planet approximately 150 days
before arrival. Communication from the probe to the Orbiter
is provided through a radio link to the S/C relay radio antenna
(RRA). Communication to Earth is provided through a
TDRSS-type deployable high-gain antenna (HGA) and a low-
gain antenna (LGA). Spacecraft electrical power is provided
by two radioisotope thermoelectric generators (RTGs).

VEEGA Trajectory
Galileo was originally to be launched on the Shuttle in May

of 1986 onto the direct trajectory shown in Fig. 1. However,
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the Challenger accident in January of 1986, and NASA's sub-
sequent cancellation of the Centaur (liquid H2/O2) upper-
stage program, forced the project to consider alternate launch
vehicles/upper stages and/or alternate interplanetary flight
trajectories. The option selected was a trajectory that would
permit the S/C to be launched on the Shuttle with a two-stage
Inertial Upper Stage (IUS), in spite of the fact that the IUS
provided far less injection energy than the Centaur it would re-
place. This was enabled by the design of a trajectory, shown in
Fig. 3, which would utilize gravity assists at Venus, once, and
at Earth, twice, to help propel the S/C to Jupiter. The trajec-
tory was dubbed VEEGA for Venus-Earth-Earth Gravity
Assist.

Feasibility Study
A cross-discipline feasibility study was then performed in

order to determine whether the S/C, in its pre-existent design,
could be flown on this new trajectory, and if not, what modifi-
cations would be required. In the thermal-design area, it was
apparent that a significant redesign of the S/C thermal-
protection system would be necessary if the S/C were to with-
stand the nearly threefold increase in mission peak solar irra-
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Fig. 1 Galileo direct trajectory to Jupiter (1986 launch plan).
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Fig. 2 Galileo spacecraft 1986 configuration.

diance associated with several possible launch dates [as high as
2.87 suns (sun = level of solar irradiance at 1 a.u.) for a
backup in 1991]. Two factors were critical in determining
whether such a redesign was feasible: whether the new launch
mass margins would permit the integration of multiple fixed
and retractable sunshades in addition to all other VEEGA
trajectory-enabling hardware, and whether selective high-
temperature thin-film materials, capable of meeting the ap-
plicable project requirements, could be obtained.
Shading Strategy

The favored approach for maximizing the thermal protec-
tion of the S/C was to specify a single perferential S/C atti-
tude with respect to the sun and shade the S/C accordingly.
Not coincidentally, the attitude preferred was the one to be
flown during the early postlaunch near-Earth periods of the
previous 1986 launch date, in which the S/C spin axis was
aligned to the sun and a single-layer sunshade, which was inte-
gral with the deploy able HGA, would provide protection from
the sun for the main body of the S/C (see Fig. 2). To maximize
this protection, replacement of this single-layer shade with a
larger multilayer fixed "main body" shade was felt to be criti-
cally important. The diameter of this shade would be limited
by the Shuttle dynamic envelope, but was likely to be adequate
for protecting most of the S/C. Conceptually, the HGA,
directly above this shade, and the equipment on the S/C's
three appendage booms beyond the main body shade diameter
would be protected by a combinbation of local shading and
the use of solar reflective materials. Since the HGA and low-
gain antenna (LGA-1) would be pointed away from Earth for
most, if not all, of the Venus leg of the trajectory, it would
also be necessary to add a second low-gain antenna (LGA-2)
and the accompanying electrical and mechanical hardware for
antenna in-flight selection. It would not be unusual, from a
historical perspective, for a planetary S/C to be sensitive to
mass additions a fraction of what is represented by such
changes. Fortunately, the VEEGA trajectory requires so little
injection energy, that the mass margins on a two-stage IUS

were likely to be more than adequate to cover these and the
other necessary hardware additions.

Protective Materials Capability
It became readily apparent during early feasibility studies

that many of the materials used in the fabrication of the origi-
nal thermal protection of the S/C would be inadequate for the
VEEGA trajectory. The initial focus of the study was on two
areas of the thermal design: the magnetometer (MAG) boom
protective sock and the multilayer insulation (MLI) thermal
blankets.

The MAG boom is a fiberglass, triangular truss assembly
enclosed for micrometeoroid and electrostatic protection in a
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Fig. 3 November 1989 VEEGA trajectory.
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single-layer Kapton sock, externally treated with a carbon-
filled coating and internally aluminized. Since the thermal-
design margin for the 1986 direct trajectory had already been
small, it was evident that a redesign would be required for the
increased solar irradiance condition. Since any increase in
sock thickness woujj^ potentially interfere with initial boom
deployment, it woufi be necessary to replace the sunlit areas
of the black sock with a solar reflective material of similar
thickness. Second-surface aluminized Kapton (SSAK), with an
expected as/e ratio ranging somewhere between 0.4 and 0.6,
appeared to be adequate for this application.

Virtually all of the S/C thermal blankets had been designed
with a carbon-polyester-coated Kapton outer layer backed up
with multiple alternating layers of Mylar and Dacron net (sep-
arators). Additionally, an indium-tin-oxide (ITO) coating had
been applied to the exterior surface to ensure that surface elec-
trical resistivity requirements were adequately met. At perihe-
lions as low as 0.59 a.u., the top layer of such a blanket could
get as hot as 250°C (see Fig. 4). This would exceed the service
limits of the Dacron net (150°C), the polyester coating adhe-
sive (200°C), and the Mylar film (249°C). A materials search,
however, was able to identify an alternate MLI system with
service temperatures above 250 °C and a capability for meeting
all other applicable project requirements (i.e., surface electri-
cal conductivity, outgassing, flammability, etc.). This system
would be composed of an ITO-coated carbon-filled Kapton
outer layer backed up with multiple layers of embossed
aluminized Kapton (ALK). Although the sun-facing blankets
would have to utilize this system, it was felt that refabrication
of blankets not nominally or continuously sunlit might be
spared by the exterior addition of a single layer of ITO-coated
SSAK. As shown in Fig. 4, this material (labeled AL KAP-
TON) has the potential for keeping surface temperatures well
below 200°C even under the most extreme circumstances.

In summary, it was felt that the major configurational rede-
sign for hardening the spacecraft's thermal protection was
feasible and that appropriate advanced materials were
available for the high-temperature, high-solar irradiance ap-
plications.
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Fig. 5 VEEGA trajectory solar distance and intensity.

Redesign
Once the decision was made to proceed with a VEEGA mis-

sion, the task of modifying the S/C thermal design was begun.
Two possible launch dates were identified, one late in 1989
and the other early in 1991. Figure 5 shows solar distance and
solar irradiance, respectively, for the first four years of each
trajectory. In order to provide a S/C that could be launched
on either date, it was necessary to design for the 1991 trajec-
tory maximum solar irradiance of 2.37 suns.

That redesigned S/C configuration is presented in Fig. 6,
along with the identification of the major thermal-protection
system elements for the VEEGA mission. The major tools util-
ized in this protection system are sunshades, most of which are
embossed Kapton MLI systems, and the exterior application
of SSAK for its ability to reflect away a high percentage [ap-
proximately 10% beginning-of-life (BOL)] of the incident
solar energy. Research2 conducted in the course of the feasi-
bility studies indicated that although an as/e ratio as low as
0.44 could reasonably be expected for SSAK at BOL, the solar
exposure between Earth and perihelion was likely to degrade
this ratio to a value as high as 0.7. A comparison with the
"black" Kapton (as/e = 1.1) to be flown in 1986 indicated
that the use of this SSAK (as/e = 0.7) in protecting the 1986
(1.0 suns max) "vintage" design for the 1991 mission perihe-
lion (2.37 suns maximum) might effectively translate into a
50% increase in the originally expected "1-sun" peak solar
load, i.e., (2.37 suns x 0.7) / (1.0 suns x 1.1) - 1.5. This was
the first indication, that although SSAK would help reduce the
impact of high-solar irradiance, it would not compensate fully
for the 2.37 times increase in peak irradiance associated with
the 1991 trajectory.

Main-Body Shade
The main-body shade was designed as a large diameter MLI

blanket to be attached to a fixed tubular framework supported
from the top of the bus and HGA hub. A maximum diameter
of 164 in. was selected in order to stay within the Shuttle
dynamic envelope. Although a "swept back" conical configu-
ration was preferred in order to maximize the reflection/rera-
diation of solar energy away from the HGA, a slightly swept-
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Fig. 6 Galileo spacecraft VEEGA configuration.

forward design (15 deg) was chosen. This design was selected
in order to maintain adequate clearances with the Star Scanner
assembly, mounted to the top frame of the bus, and the truss
assemblies supporting the science boom and two RTG booms.

To avoid solar reflections that might concentrate energy
into the HGA, it was necessary to cover this shade with the
carbon-filled Kapton material. The remaining 20 layers of the
MLI blanket are made of ALK for the necessary high-
temperature capability. This system was expected to permit so
little energy to be transmitted through, that it virtually ob-
viated any need to consider thermal-design modifications for
the bus electronics bays, the RPM, the scan platform/
instruments, and the despun electronics bays (A-E). (Note:
design modifications for some of these susbystems were neces-
sary, but for reasons other than an increase in mission peak
solar irradiance.l >3)

Some subsystems not completely shaded by the main-body
shade required some local protection. SSAK was added to the
thruster clusters MLI shades and a carbon-filled Kapton MLI
blanket was added to the RRA to prevent the development in-
flight of damaging thermal gradients.
Tip Shade

In deciding, as part of the feasibility study, that the S/C
should be sun-pointed at high (> 1 sun) solar irradiance, S/C
communication to Earth with the HGA became impossible for
much of the Venus leg of the trajectory. This dictated the ad-
dition of the LGA-2. Another very important consideration,
however, in not attempting to utilize the HGA for Earth com-
munications during this period was the judgment that virtually
any insolation of the complex gold-molybdenum mesh
antenna at the extremely high solar irradiance level associated
with perihelion could overheat critical piece-part bonds and
distort the parabolic shape of the antenna to a mission jeop-
ardizing extent. To properly protect it during high-irradiance
periods (defined as all periods when the S/C is inside of 1
a.u.), it is necessary to keep the antenna stowed (furled) and
shaded.

This shade, designated as the "tip shade," is designed as a
single-layer carbon-filled Kapton nonagon approximately 6 ft
in diameter, supported from a Kevlar hub at the tip of the

HGA tower with small diameter fiberglass "spokes." This
design, although far from optimum thermally, permits the
necessary rf transmissive characteristics for HGA communica-
tions later in the mission (see deployed configuration in Fig. 6)
without necessitating the need for mass additions associated
with a tip-shade jettison strategy. It was predicted that the ad-
dition of any more mass, over and above the shade itself,
would have severe launch-load implications. Because of the
mission-critical importance of the antenna, a great deal of
concern was focused on the fault tolerance of this thermal-
protection scheme. Because of the presence of S/C single-
point failures which could erroneously turn the S/C off-sun, it
became necessary to provide a system (composed of a sungate
and an annex to existing propulsion driver electronics) that de-
tects and interrupts erroneous thruster firings before the S/C
reaches the 14 deg sun cone angle limit of tip-shade protection.
As a minimum, this system is active in flight whenever the S/C
is inside 1 a.u.

Although direct insolation of the HGA can be avoided in
this manner, it was not obvious that the antenna would be able
to tolerate the energy radiated or reflected toward it from the
insolated main-body shade. To assess this configuration prop-
erly required the utilization of a detailed thermal model of the
HGA including its major components and related subsystems.
Since none had been required in the original contracted hard-
ware fabrication and delivery, it was necessary to regressively
construct one. The geometry and fidelity of this model is illus-
trated in Fig. 7 alongside the hardware description of the ac-
tual (stowed) antenna. The resulting temperature predictions
are presented in Table 1 along with the maximum allowable
flight temperature limits. Three items, the plasma wave sub-
system (PWS) magnetic field preamp, the PWS search coil,
and the LGA-1, were predicted to violate flight limits at the
worst-case (1991 launch) perihelion.

Several design options for reducing the heating of the HGA
were considered, including a reduction in main-body shade ef-
fectiveness that would permit the transmission of more heat
through the MLI blanket (and consequentially, to the rest of
the S/C) and the addition of directional reflectors to the main-
body shade to reduce the total energy available (i.e., absorbed)
for diffuse reradiation to the HGA. Ultimately, since no hard-
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Fig. 7 HGA hardware description and associated analytical model nodalization.

ware design temperature limits were likely to be exceeded, a
decision was made not to compromise the global thermal pro-
tection of the S/C or the relative simplicity of the shade-
configuration design, even though system-level thermal
vacuum testing was likely to confirm that thermal requalifica-
tion of several subsystems on the HGA tower would be re-
quired.

Solar Protection of Appendage Booms
The remaining areas to be addressed were the various sub-

systems supported from the three main S/C booms: the two
RTG booms, and the science/magnetometer boom. Thermal
protection of the RTGs was judged to be unnecessary since the
additional solar load at perihelion over and above that at
Earth is relatively small (<20%) compared to the normal in-
ternal heat generation (>4400 W), i.e., an average case tem-
perature of 240°C at Earth might be elevated to ~270°C at
perihelion. However, protection of the associated open-truss
graphite-epoxy support booms required the addition of an
MLI blanket to prevent direct insolation.

Early feasibility studies provided an indication that modifi-
cation of the science and magnetometer booms and their asso-
ciated instruments would not be nearly as straightforward. Ex-
posing low-power instrument thermal designs with relatively
narrow-range temperature tolerance, to a more than twofold
increase in the mission solar irradiance range for which they
were originally designed, would require a major change in
thermal blanket surface materials and the use of local shading
wherever possible. This was likely to be all the more difficult
for booms cantilevered off of the S/C main body and particu-
larly for the MAG boom that had been designed as a collapsi-
ble mast that would unfurl after launch from a cylindrical
(magnetometer) canister.

Modifications to the science boom were driven by the tem-
perature control (T/C) requirements (see Table 2) for the Dust
Detector Subsystem (DDS), Energetic Particle Detector Sub-
system (EPD), and Plasma Subsystem (PLS) instruments and
the Acquisition Sun Sensor (AS), which is used in flight to

locate the sun and determine the spin rate of the S/C. Because
elevated science boom temperatures could generally have an
adverse effect on each of these subsystems, the normally in-
solated top surface of the boom MLI blanket was replaced
with SSAK.

Ultimately, no additional protection was provided for the
DDS instrument since, being configured directly under the
boom, it was already adequately shaded. In order to protect
the PLS and EPD, however, it was necessary to add local sun-
shades. Because of Jupiter science field-of-view (FOV) re-
quirements, the addition of NASA standard initiator (NSI)
driven bellows actuator mechanisms were also required in
order to provide for individual PLS and EPD shade retrac-
tions. These shade actuators were also protected with SSAK
and MLI blankets to the maximum extent practicable.

Table 1 Predicted HGA temperatures (°C) at perihelion

Item
Max
limit

At perihelion
sun-pointed

1989*1991~b

Change for
off-sun, deg
~5 14

Ribs(GFRP) 121 68 82 +3 +3
Rib pivot arm bonds 149 50 58 +10 +20

Deployment motor 55 48 55 +7 +12

X-band feed
Subreflector (FSS)

S-band feed
S-band cable

PWS preamp
PWS search coil

LGA-1
LGA-1 cable

75
125

100
125

50
60

75
125

52
70

67
72

68C

76C

70
68

59
83

80
85

81C

90C

83C

86

+ 5
+ 1

+ 0
+ 5

+ 0
+ 0

+ 0
+ 0

+ 10
+ 0

-2
-2

+ 0
-2

+ 0
_ 5

a0.695 a.u. perihelion. b0.65 a.u. perihelion. cLimit violation.
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Table 2 Science/MAG boom temperature predicts

Allowable Pre-STV
limits predicts Basis

min/maxa min/max
Science boom subsystems

DDS
EPD
PLS
EPD shade actuator
PLS shade actuator
AS

MAG boom subsystems
Inboard MAG
Outboard MAG
PWS preamp (elect)
PWS dipole antenna

-25/45
-25/25
- 10/40
-90/55
-90/55
-70/50

- 15/65
- 15/65
-25/55
- 190/55

_ b
_
0/25

-50/-25
-55/-50
-21/37

- 10/40
-5/50
- 12/45
— /163

N/A
N/A
Test
Test
Analysis
Test

Analysis
Analysis
Analysis
Analysis

aMin—Lower "operating" limit. Max—Upper "nonoperating" limit.
bNo change from 1986 design performance expected.

Table 3 MAG boom temperatures for various configuration options

Configuration option Temperature, °C
Exterior surface

treatment
SOLAR FLUX

U U l
Blacka , Black

A
Black

Al-Kaptonb Al-Kapton
A

Black

Al-Kapton

V
Al-Kapton Al-Kapton

Al-Kapton

V
Black Black

Interior surface
treatment

1 a) All aluminized
b) All black
c) (HOT) aluminized /

(COLD) black
2 a) All aluminized

b) All black
c) (HOT) aluminized /

(COLD) black
3 a) All aluminized

b) All black
c) (HOT) aluminized /

(COLD) black

4 a) All aluminized
b) All black
c) (HOT) aluminized /

(COLD) black

Average

126
126
84

70
63
34

70
70
18

66
56
5

Max

153
146
156

99
79
44C

99
84
38C

96
73
29C

aCarbon-filled Kapton. bAluminized Kapton, Kapton side out. cMeets the FR
3-210 operating requirement of + 50°C, maximum.

Temperature control of the mission-critical AS was signifi-
cantly more difficult since, in order to detect the sun as re-
quired, no direct shading could be provided. Additionally,
sun-facing stainless steel and aluminum surfaces had to re-
main bare or the intricate assembly would have to be disassem-
bled, realigned, and recalibrated. A thermal development test
and related analyses indicated that temperatures could be ac-
ceptably reduced from an expected maximum of 100°C (vs an
upper limit of 50°C), if no modifications were made, to a
maximum of 37°C by increasing the existing conductive cou-
pling to the PLS instrument. The corresponding PLS tempera-
ture was predicted to be 25°C, still within its flight allowable
temperature range, although instrument operation near
Venus, if desired, would have to be limited to occasional
periods of a few hours. These and other science-boom-related
temperature predictions are summarized in Table 2.

As shown in Table 3, the apex of the triangluar MAG boom
assembly was to be nominally sun-pointed. However, expo-
sure of this design to a 2.87 suns irradiance (at the time of this
particular study, a 0.59 a.u. perihelion trajectory was under
consideration) was predicted to exceed the allowable flight
temperature limit of 70 °C by more than 80 deg. Study of
various configurational options, also described in the table,
indicated the preferable combination of orientation and sock

materials to be that of option 4c (Table 3). In this option, the
boom would be rotated 180 deg and the single sun-pointed sur-
face would be made of SSAK for minimizing the transfer of
solar energy into the sock cavity. The two generally anti-sun-
pointing surfaces would be made of carbon-filled Kapton for
maximizing energy rejection from the sock cavity to space.
Associated studies indicated that this design would continue to
meet flight temperature requirements as long as the critical
SSAK surface did not degrade in flight to an as/e ratio greater
than 0.7.

Modification of existing sunshades for the inboard MAG
and the PWS Electric Field Preamplifier (preamp) and its
associated dipole antenna were identified, and once again the
sunlit surfaces of these shades, as well as the outer layer of the
outboard MAG, utilize SSAK as a means of reducing the peri-
helion "effective" solar irradiance. Additional analysis was
required for the inboard MAG since the 180 deg-MAG boom
rotation consequentially reduced the FOV of its thermal
radiator to space. An increase of the radiator area from 52 to
93 cm2 was predicted to provide an adequate compensation.
Analysis was also required for the PWS electric field preamp
in order to determine an acceptable way of dealing with the ex-
pected increase in its dipole antenna temperature. Since func-
tional requirements dictated that the graphite epoxy antenna
would have to remain free of any proposed reflective surface
treatment (e.g., "white" paint), it was necessary to shade a
much longer section at its interface with the preamp. Addition-
ally, bending tests were successfully performed on a prototype
antenna at temperatures of 171°C, indicating that a refabri-
cation of the flight antenna would not be required. Compari-
sons between the temperature predictions for these MAG boom

Fig. 8 Main-body STV test configuration.



136 R. T. REEVE J. SPACECRAFT

O

i

Q

3

H-
Z
LU

3
CL
LJJ
Q
CC

——— <S_

O LU

1 li i3 £ o §
S i l l
CL Q. 5 W

V)

^2.0

c/5 1-5
LU

z 1.0
CE

3,5
CO

0.0

~ 2.37 SUNS -
(0.65 A.U.)

-

0.1 7 SUNS
(2.44 A.U.) i

•— -

i
1 1 1

1 1 a| [
C Q LJJ --3 ,
^ < > U- IJ

I 5 8 g i
t o o 2 f £ £ o - <
±i O I Q - C O U J U J - J CO

1

2.2
SUNS N

\ \

1 1

r^* 1 .04 SUNS
(0.98 A.U.) f

0.17 SUNS

n i i
0.0 2.0 4.0 6.0

TIME FROM START OF TEST (DAYS)

Fig. 9 Main-body STV test tiincline.

8.0

subsystems and their maximum allowable limits are summa-
rized along with those of the science boom in Table 2.

System-Level Solar Thermal Vacuum Test
To verify the adequacy of the overall thermal design, a

system-level solar thermal vacuum (STV) test program was
undertaken. Because the S/C with full length booms was too
large for the 25-ft-diam chamber (the MAG boom alone is
about 25 ft long), it was necessary to split the configuration
into separate tests.

Main-Body STV Test
The first was primarily a test of the S/C main body,

although the science boom was included for an "early look"
(see Fig. 8). The solar irradiance profile to which the S/C was
exposed is shown in Fig. 9 along with notation of some of the
more important thermal-related events. Because of facility
concerns regarding high-power Xenon arc lamp operation, the
maximum (1991 mission) solar irradiance of 2.37 suns could
only be simulated for approximately 4h.lt was felt, however,
that this was long enough to permit post-test evaluation of the
integrity of blanket and shade-surface materials to be mean-
ingful (i.e., there was good reason to expect them to reach
steady state within a relatively short time). Solar exposure of
the S/C at 2.2 suns and 1.0 suns was also simulated (see Fig.
9), but for periods long enough, in each case, to achieve
steady-state temperatures for the entire S/C.

The main objective of this first test was to verify the pretest
predictions of the HGA thermal response, both stowed at peri-
helion and deployed at Earth, and determine which sub-
systems, if any, required further thermal-design modification
or requalification. To further complicate this task, the main-
body shade could not be completely insolated due to test-
support structure constraints (see Fig. 10), and so a post-test
adjustment to the measured HGA temperatures was required.

Appendages STV Test
The second test was of the spacecraft's appendage booms

and their associated hardware. The configuration, including
the science boom, MAG boom (split into an "inboard" sec-

Fig. 10 Incomplete irradiation of main-body shade.

tion and an "outboard" section), and RTG boom (with the
LGA-2), is shown in Fig. 11. A timeline and associated solar
irradiance profile similar to that performed for the main-body
test was repeated for the appendages test phase 1 (see Fig. 12).
Because of the temperature violations in several subsystems,
particularly the EPD shade actuator and the inboard MAG,
thermal-design "fixes" were identified and the extremes of the
phase 1 test profile were repeated in a phase 2 test. Generally,
the thermal designs of these appendages were verified in this
second phase to be adequate for both the 1989 and 1991 mis-
sions.
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Fig. 11 Appendages STV test configuration.
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Fig. 12 Appendages STV test timelines.

The one major exception was the inboard MAG, which re-
quired further testing in a supplementary development-style
small chamber test in an attempt to further understand its
thermal-design inadequacies and identify the optimum strat-
egy for reducing negative margins. The outcome of this test
was the addition of a fourth 1-W radioisotope heater unit
(RHU) to the design, in order to effect some reduction in solar
dependency, and a reduction in thermal radiator area suffi-
cient for satisfying the Jupiter science (i.e., minimum temper-
ature limit) requirements. This strategy effectively reduced the
perihelion-to-Jupiter temperature excursion from 110 to 85° C
but still resulted in a projected violation of the upper tempera-
ture limit at perihelion by as much as 20°C.

Post-Test Evaluation
Two major deficiencies in the STV flight environment simu-

lation had to be analytically reintegrated after the conclusion
of the STV test program. The first, associated with the in-
complete illumination of the main-body shade by the solar
beam simulator (Fig. 10), had been anticipated and adequately
planned for. The other was unexpected.

In spite of previous efforts to project worst-case upper
bounds for the in-flight thermo-optical "degradation" of
carbon-filled Kapton and SSAK, it was ultimately determined
from in-situ measurements of spectrally irradiated material
samples that these "worst-case" projections had been highly
optimistic (Ref. 2). The initial evidence of this came from the
STV testing in which thermocouple temperature measure-
ments of various MLI shade surface layers were consistently
higher than expected. This was later tracked to a significant
decrease in the emissivity of ITO-coated materials effected by
extended high-temperature and uv exposure. Projections of
the o/e ratios for carbon-filled Kapton and SSAK for the ex-
pected 4000 equivalent sun-hours journey from launch to peri-
helion are now 1.9 and 1.06, respectively. The carbon-filled
Kapton reached temperatures as high as 289 °C in the STV
testing, without damage, and it and the MLI blanket
underlayers of embossed Kapton can reasonably be expected
to withstand temperatures of 400°C or higher. The
"degraded" properties (c^/e < 1.9) are expected to result in
flight temperatures no greater than 320°C. The degradation of
the SSAK is likely to have a more dramatic impact on the ther-
mal performance of S/C subsystems in areas where thermo-
optical performance significantly better than a "black" mate-
rial (ce2/e <^ 1.0) had been required.

Conclusions
Final maximum flight temperature predictions for the

spacecraft's "marginal" subsystem thermal designs are sum-
marized in Table 4. In order to properly recognize the impacts
associated with the incomplete solar simulator illumination
during test, particularly as it affects HGA-related subsystems,

Table 4 Maximum3 temperature (°C) for "marginal" subsystem thermal designs

Item
PWS preamp (MAG)
PWS search coil
LGA-1
EPD shade actuator
PLS shade actuator
MAG boom
Inboard MAG
Outboard MAG
PWS preamp (elect)
PWS dipole antenna

Limit
50
60
75
55
55
70
65
65
55
55

Original

Qualification
75
75

N/A
80
80

N/A
80
80
75
75

- Pre-STV
predict

68
76
70
17

-50
29
40
50
45

163

STV test
measurement

83
69
82
50
43
50

N/Ab

N/Ab

50
144

Post-
STV

predict
79C

70
96
86
79
51

118
103
75

151

"Resolution"

New
qualification

100
100
120

N/R
N/R
N/R
120
120

N/R
171

New
limit

90
80

104
N/R
N/R
N/R
110
110

N/R
151

Limit
waived
N/R
N/R
N/R
Yes
Yes
N/R
Yes
N/R
Yes
N/R

^Maximums presented are for 1989 mission perihelion (0.695 a.u.) only.
Data "not applicable" since a nonflight thermal radiator area was tested.

CRHU removed for flight.
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and the impacts associated with the aggravated projected
degradation of SSAK, particularly as it affects science/MAG
boom subsystems, these final predictions are compared to the
associated STV test measurements and pretest analytical pre-
dictions. Note that several subsystems were requalified (nor-
mally by thermal vacuum test) because of temperature-limit
violations either measured in the STV test or (post-test) pre-
dicted for flight. These included the PWS (magnetic field
preamp, search coils, dipole antenna) and both the inboard
and outboard magnetometers. In the case of several other sub-
systems, however, updated flight predictions accounting for
worst-case degraded surface thermo-optical properties were
made so late in the launch preparation flow that project
waiver requests had to be submitted in lieu of test requalifica-
tion. These requests for the EPD and PLS shade actuators, the
PWS electric field preamp, and the inboard MAG were ac-
cepted by the project office on the basis that each would have

been expected to pass requalification testing if time had per-
mitted these tests to be performed.
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